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RESFARCE MEMORANDUM

WING LOAD DISTRIBUTION ON A SWEPT-WING AIRPLANE
IN FLIGET AT MACH NUMBERS UP TO 1.11,
AND COMPARISON WITH THEORY

By L. Stewart Rolls and Frederick H. Matteson
SUMMARY

Flight tests were conducted to determine the pressure distribution
over the wing of a swept-wing Jet-propelled airplane over the flight
range of 1ift coefficients for Mach numbers up to 1.11.

At a constant normal-force coefficient the principal effect of
increasing Mach number on the chordwise distribution of pressure was the
reduction of the peak pressures near the leading edge. At subsonic
speeds the wing was subject to stalling, which progressed inboard from
the tip. The 1ift coefficient at which stall first occurred decreased
with increasing Mach number to 0.3 at 0.9 Mach number. At supersonic
speeds the 1ift effectiveness of the outer portion of the wing was very
low. Tuft studles showed the flow to be separated over the trailing
edge of this portion of the wing.

The spanwise distribution of additional loading at subsonic speeds
was compared with that calculated by the Weissinger method. Up to the
stall the agreement with theory was fair. The Weissinger method could
be used to obtain g satisfactory approximation to the spanwise loading
for structural design purposes. After the tip stalled the loading shifted
inboard, departing well from the theoretical loading. At supersonic
speeds the experimental spanwise distribution of loading was compared
with that calculated from linearized supersonic theory. The sgreement
was not good because of the excessively low loading on the tip portion of
the wing. 1In this case, the gpan load distribution calculated simply by
the Weissinger method for Mach number of zero could be used for struc-
tural deslgn purposes throughout the entire speed range.

Large tralling-edge loads, both up and down, were encountered
particularly when the flow was separated.

GONFIDENTIAL  ~~
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INTRODUCTION

Of prime importance in the design of aircraft for flight 1in the
transonic speed range is the distribution of the airload on the wing,
both from the standpoint of structural design and of stability and -
control.

Theories are available for calculating the spanwise distribution of

load on swept wings at subsonlc and at supersonic speeds. The applica- ..

bllity of these theories for the calculation of loading at transonic
gpeeds must be checked both because of the possible violation of the
assumptions underlying the theories and because of the powerful effects
of boundary-layer shock-wave Interaction.

Flight testing of aircraft at high altityde provides a means of
determining loads at large values of ‘the Reynolds number over a wide
range of-gpeed and angle of-attack. The NACA has Investigsted wing
loads in flight at high speed on stralght-winged airplanes (refer-
ences 1, 2, and 3). Tests of an F- 86A alrplane have provided an exten-
gion of these investigations to a 35° swept-back wing. The magnitude .
and distribution of forces were measured during transition from subsonic
to supersonlic speeds. These tests have enabled s check to be made on
the applicability of inviscid, linearized theory for predicting for a
comparatively thick wing the spanwise distribution of loading in the
transonic region.

SYMBOLS
b wing span __— : -
c section chord in stresmwise direction - SRR - -
S
Cav average chord . ™
b/2
2 J[‘ cZay
c mean serodynamic chord ——JE—E;———-
CNa airplane normal-force coefficient
Cn section normal-force coefficient
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Chg normal=-force coefficlent of aft 30 percent of section chord
1.0
(P,-P,)ax
with respect to that length of chord Q-7 0.3
.3c
M Mach number
Mn nominal Mach number for a run
P local pressure coefficient
PZ pressure coefficlent on lower surface
Py pressure coefficient on upper surface
R Reynolds number based on &
S wing ares
Xy¥,2 Cartesian coordinates
Xa distance in streamwise direction from line of quarter chords
to panel center of pressure
a angle of attack
QU measured angle of attack uncorrected for wing upwash
aaleft left aileron angle
ABg change due to floating in the average aileron angle from that
£ at lowest 1ift coefficients

DESCRIPTION OF AIRPLANE

The tests reported herein were performed on the YF-86A airplane
shown in figures 1 and 2. The guarter-chord line of the wing 1s swept
back 35°, the aspect ratio is k.79, and the taper ratio is 0.513. Other
pertinent dimensions are presented in table I. The root airfoil section
is a modified NACA 0012-64 normal to the wing quarter-chord line; a
modified NACA 0011-6L4 section is used at the tip. Two degrees of wash-
out are Incorporated in the streamwise direction. Ordinates of the root
and tip airfoils are given in table IT.
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Pressure measurements were made &t.113 pgints distributed along
5 spanwise stations on the left wing panel. The locatlions of the sta- —
tions are shown in figure 3. The positions of the orifices at the five T
stations are given in table III.

The wing slat was locked in the closed position for all of the tests.
Instrumentation and Accuracy o

The pressure instrumentation, including the orifices, pressure cells,
and recording system, was installed by North American Aviation, Inc., for ~
a seperate investlgation on contract with the U. 8. Alr Force. This - - —
instrumentation was supplemented during the present investigation by the '
installation of an NACA recording accelerometer snd an NACA airspeed
altimeter. The airspeed altimeter was connected to a 10-foot nose boom.
The calibration of a.similar boom is presented in reference 4. Corre--
lation between the various Instruments was obhtained by the use of = -
chronometric timer.

Each orifice (0.050-inch dlameter) was connected directly to an
absolute pressure transducer of the range 2 to 15 pounds per square inch
gbsolute. The use of these pressure transducers permitted the installing L=
of the transducer relatively close to the orifice, thus minimizing the . L
inaccuracy due to lag in the pressure lines. The electric output from y
the pressure transducers was recorded on multichannel oscillographs. To’ -
ensble the data from all the transducers tu he recorded on the availeble
channels, it was necessary to duplex the records on the oscillographs.
The system enabled a maximuim of 144 records to be recorded every
0.16 second.

The pressure distributions are subject to considerable limitation . L.
since, with 2k orifices as the maximum in any spanwlse station, much g
weight must be given to each orifice. Thus when an orifice was not oper- -
ating properly, the falred chordwise distrlbution could be somewhat in - Ry
error. - - - -

Measurements of wing bending in flight were made to-assess 1ts =
" importance in this investigation. The deflectlans were found to be . T
small. The effects &f bending and torslon on.the losd. distributions
were calculated and were found to be negligible.

The accuracy has been estimated as follows: ' B
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Mach number +0.01
Pressure altitude +150 feet
2
Pressure coefficient + 20 IZ A
Aileron deflection £0.25°
Tests

These data were obtained at the lower Mach numbers in progressively
tightening turns at as constant alrspeed as possible. At the higher
Mach numbers it was necessary to make either diving turns or pull-ups to
obtain data through as wide g lift-coefficient range as possible and the
consequent variation in the Mach number was greater than at low speeds.
Data were particularly difficult to get in the M = 0.92 to M = 0.98
range because of poorer stsbility and control characteristics, especially
at high 1ift coefficients.

The nominal altitude for these tests was 35,000 feet, while in
actual operation the altitude varied from 32,400 to 37,200 feet.

The range of Mach numbers and normal force coefficients attalned is
shown in figure 4. The Reynolde number based on the mean aerodynamic
chord plotted versus Mach number is shown in figure 5 for standard cohn-
ditions for the altitude range of the tests.

RESULTS AND DISCUSSION

Section Characteristics

Oblique drawings of the pressure distributions on the wing are
shown for different values of CN@ for nominal Mach numbers® of O. 70,

0.87, 0.90, and 1.02 in figure 6. The data at these four Mach numbers
mey be considered to be representative for the flight range and will be
analyzed subseguently. In addition, some data at My = 0.97 and at

Mp = 1.11 are included. z

1The nominal Mach numbers in this and other flgures where the Cng

varlies are those representative of the run. The variation of M
ranged from £0.01 for Mp = 0.70 to £0.04 for M, = 1.02.
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Rather large peak pressures are observed near the leading edge at
the lowest Mach number. The sharpness of the nose peak in the pressure
distributions over the upper surface decreases through the transonic
range so that virtually no nose peak exists at supersonic speeds. In
general, the magnitude of the negative pressures over the afterportion
of the wing lower surface increases gradually from the inboard to out-
board stations.

The integrated pressure distributions for the tilve spanwise -
stations have been plotted in terms of loading coefficient, cpc/cay,
against uncorrected angle of attack in figure 7. The section normal-
force curves at each Mach number indicate initial stalling of the out-
board stations with subsequent progression inboard. The change in
section normel force at the stall is graduel &nd the normal force often
increases even after an initial break at statlons 4 and 5. There is mo
perceptible increase in normal—force -curve slope for the inboard sections
after the tip stalls.

The angle of attack at which the tip stalls decreases with increas-
ing Mach number. Similarly, the angle of attack for which buffeting
occurs decreases with increasing Mach number. The buffet boundary has
been drawn on figure 7. The buffet boundary as defined herein is the
flight conditlon where buffeting of #0.03g is recorded at the airplane
center of. gravity. At a Mach number of 0.70 ‘the loeal 1ift loss is
evident before buffeting is detected, but occurs almost simultaneocusly

with buffeting at M, = 0.87 and O. 90. The tip stall at supersonic

speeds did not produce noticeable buffeting. For Mach numbers of O. 90_
and below the upper:surfece pressures over the afterportion of the.w1ng
diminish towerd the tip at the lower values Gf Cng Dbut tend to level

out without pressure recovery when the flow separates at the higher
values of Cyg,. The separation was confirmed and its progression studied
by means of tufts glued to the wing. Photographs of tufts showlng stall
progression at M = 0.9 are presented in figure 8. The photographs
were taken with a movie camera pointed aft approximately parallel to the
wing from the cockpit canopy. Initial Beparation takes place on the
rated area approximately normael to the free stream, ‘until the flow over
the entire wing is separated. o C e

The upper surface pressures at supersonic speeds are quite uniform
and the lower surface pressures become increasingly negative toward the
tip, causing the total 1ift to decrease toward the tip. The presgure _
recovery at the outer station is generally poor at the higher Mach
numbers. -

|

“di
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Load Distribution

Span load distribution.- In this portion of the report the distri-
bution of the additional loading only will be conslidered. To obtain the
additional loading, curves of station normal-force coefficient versus
airplane normal-force coefficient were plotted. Considering the value
of station normal-force coefficient at zero airplane normal-force coef-
ficient as a basic section normali-force coefficient, these values were
gubtracted from the values at other ., Cyg's. If these differences are
plotted against gpanwlse station the resultant loading is termed the
additional loading. This procedure eliminstes the errors assoclated
with the shift of instrument zeros during flight and removes the basic
loading due to wing washout.

Curves of spanwise distribution of additionsel loading are plotted
in figure 9 for the four Mach numbers discussed previously. The
Weissinger method (reference 5) has been used to compute the theoretical
span load distribution for comparison with experiment at Mach numbers
below 1.0. At supersonic speeds the method of reference 6 has been used.
The comparisons have been made on the basis of equal loading on the outer
90 percent of the span to obviate extrapolation to the fuselage center
line. This portion of the wing has been termed the panel. No correction
to the theoreticsl results has been made for the effect of the fuselage.

The comparison of the experimental and theoretical loadings at
Mp = 0.70 1is shown in figures 9(a) to 9(d). Since the ailerons were
free to deflect somewhat under air load, a span-loeding curve showlng
the effect of alleron floating, calculated according to the method of
reference 7, is included. It is seen that for normal-force coefficients
of 0.2 and 0.4 the tips carry slightly more load than predicted by
theory. At Cyp = 0.6 the loading is seen to be moving inboard. As
the Cy, increases to 0.8 the separation over the tip causes loss of
1ift, thereby leading to relatively high inboard loading.

The effect of aileron floating is smell at the lower 1lift coeffi-
cients and, although larger at the higher 1ift coefficients, it does not
account for the difference between theory and experiment. Therefore the
correction In the theoretical loading for ailerons deflected has been
omitted in the comparisons at other Mach numbers although the aileron
deflections have been noted.

The trends observed for Mp = 0.7 sare seen also at Mp = 0.87
and 0.90. No explanation is offered for the consistently low loadings
at station 2.

On the basls of the comparisons of theory and experiment at subsonic
speeds, 1t may be concluded that for structural design purposes the -
Welssinger theory for allerons undeflected provides a reasonable estimate

COMRRRER
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of the spanwise distribution of loading up to, the 1lift coefficient at
which local stalling occurs. Following the stall, “the loading shifts °
inboard so that the theory would he conservative for loals estimation.

The agreement between theory and experiment at the low supersonic
Mach numbers of these tests would not be expected to be very close -
becauge the variation in the local Mach.number over the wing would sltér
congiderably the assumed position of-—the Mach lines for the theory.
Also as in the comparison at high subsonic speeds, the eifects of
boundary-layer shock-wave interactlon can be very targe. It 1s not sur-
prising then that, for the supersonic Mach number range of these tests,
the agreement between theory and experiment is not good. The loading
over the outer half of the wing ls lower than that predicted by theory
st Cy, = 0.2, O. k, and 0.5. To an even gresater degree than at subsonic
speeds the comparison shows the theory to give conservative results for
loads estimation on this particular wing. :

In order to show the variatlion in the theoretical span load distri-
bution.through the transonic speed range, span load distributions have
been drawn for three Mach numbers in figure 10(a). The method of
reterence 5 was used at 0.95 Mach number. The method of reference 6 was
used for Mach numbers of 1.02 and 1,20. Because the span load distribu-
tions for Mach numbers up to 0.95 are quite similar to that at M = 0.95,
they have been omitted for clarity. The center of loading is seen to.
move outboard through the transonlc range. From the theoretlical results
an increase in the bhending stresses would be.predicted for a glven wing
load as the Mach .number incresases through this'range.' To show the va¥l-
atlon with Mach number in the loading at a given angle of attack as *
calculated by the two theories, the loading at three spanwise stations
has been plotted against Mach number. in figure 10(p). The varietion in
the loading is regular. The loading on the two ilnboard statlons
increages to & maximum at sbout M = 1.0l. For the 0.8 semispan sta-
tion, however, the loading continues to increasé up to about M = 1.13.

Chordwise loading.~- The theory of reference 6 provides not only the
spanwise loading but the complete surfsce logding. Therefore a compari-
son of experiment and theory can be made for, the chordwise loading in
addition to the spanwise loadling .at supergonic speeds. The theoretical
results have been plotted in coblique form.ig&figure 1l for M = 1.02;-
1.05, 1.10, and 1.20. The transition from sn slmost constant loading at
the wing root to a .predominantly leading-edge loading at the tip is
gradual. The discontinuities in slope of the loading curves occur along
the Mach lines originating at the leading"édge of ‘the tip or the trail-
ing edge ot the root, or their.reflections.  The decremental loadings
due to the tip and the trailing edge sre adaitive ‘and produce negative
1ifting loads over the afterportions of the tip. The predominant dscre-
mental load is from the tip and its magnitude can be seen in sbsence of
the trailing-edge decremental loading in figure ll(d) for M = 1.20..

——
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Experimental distributions have been Included for CNg, = 0.2 at

M=1.02, 1.05, and 1.10. The general trends indicated by the theory

are seen in the experimental.data. The chordwise pressure distribution
changes from the Ackeret type at the root to the subsonic pesked type at
the tip. Striking similarity is seen in the tip effect although,
poesibly because of the downward Floating of the aileron and flow separa-
tlon, the measured pressures exceed those predicted from theory. This
negative loading with the absence of the high predicted leading-edge
pressures accounts for the difference in the theoretical and experimental
spanwise load distributions.

Panel loads.- The pressures over the outboard 90-percent semispsan
have been integrated to determine the variation of the magnitude of the
load and the lateral and chordwilse posltion of the center of pressure on
that portlon ot the wlng outboard of the fuselage. The integrated pres-
sures over the outer 90-percent semispan, when referred to the area of
half the wing, yield a panel normsl-force coefficient. The sirplane
normal-force coefficlent was obtained from records of & normal acceler-
ometer. Comparisons of these two coetticients have been made (fig. 12)
at several values of CN, from Mach numbers of 0.7 to 1.1l. Measure-
ments of taill loads made during the tests reported in reference 8 showed
them to be consistently small with respect to the wing loads through
most of the lift-coefticient range. The changes in loading shown are
then due primarily to the relative loadings of the wing and the fuselsge.
The portion of the load cerried by the wing decreases as the Mach number
increases until a low point is reached in the vieinity of 0.9 Mach
number, whereupon an increase occurs with increasing Mach number.

The varlation of the position of the lateral center of pressure
with Mach number for ditferent values of normal-force coetfilcilent is
shown in figure 13, The center of pressure remains essentially fixed
for a gilven value of Cyx_ up to a Mach number of about 0.87. At this
point the tip portions sgow a loss 1n 1ift whilch shifts the center of
pressure inboard. As the Mach number increasges above 1.0 the loading
begins to shift outboard again as exemplified at CNa = 0.2.

Theoretical results have been included for. comparison in figure 13.
The laterel center at pressure at supersonic speeds is inboard of that
at subsonic speeds in direct contrast to the results shown by theory.
This suggests that for structural design purposes the use of the sub-
sonic spanwise distribution of loadlng obtained by the Welgsinger method
would provide a conservative estimate of loads at supersonic speeds.

The chordwise position of the center of load measured from the line
of quarter chords in mean serodynamic chords is termed the chordwise
center of pressure (see sketch).

SommE——"
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line of guarter =
chords -

center of pressure o

The variation in the position of the chordwise center of pressure with .
Mach number is shown in figure 14. At the lower normel-force coeffi- . e
clents the center of pressure progresses from the quarter chord at -
0.7 Mach number to sbout 27 percent at 0.87 Mach number. At the higher. ) )
normal-force coefficients the center of pressure at 0.7 Mach number 1s S—
farther ai't and progresses still farther aft with increasing Mach number. =~ ™
The data for Cn, = 0.2 and CN, = O. 4 ghow a forward shitt in the : . fs
M = 0.87 to O. 92 region with a subsequent rearward movement. The for- o T
ward shift is not—seen et the higher values of Cy,. The gquarter-chord- LoD
line position of the _chordwise center of pressure assumed in the :
Weilssinger theory is in reasonable agreement with experiment at the
lower 1ift coefficierts and Mach numbers.

The panel load and the spanwise and chordwlse positlons of—the E=
center of pressure presented are sufficient tp define the panel pitching —
moment. Analysis of the pitching-moment data.ls facilitated by breaking

down the total wing pitching moment into the pitching moment assoclated e
with the lateral and chordwise shifts in loading Data are presented - : =
(fig. 15) for 0.87 Mach number through the CN range. The pitching o

moment due to change in.chordwise center of pressure varies smoothly,

becoming increasingly negative with increasing values of Cyg.

The pltching moment due to change in the late;al_center of pressure, :
however, becomes unstable at abaut 0.5 CNa —thus causing the unstable ~ T
wing piltching-moment varilation. That this coptribution 1s the major . . -
factor causing longitudinal instability of'the airplane is showrt in ’

reference 8.
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Trailing-Edge Losds

Excessive upfloating of the flaps and ailerons, as well as some
structural damsge, has indicated that excessive trailing-edge loads were

being encountered.

The integral of the pressure distribution over the aft 30 percent
of the wing gives a measure of the average differential pressure over
this part of the wing. Figure 16 presents dasta for the four Mach numbers
discussed previously. At M, = 0.7 the loads are positive and increase
over the different stations with increasing values of CNg - The center-
section trailing-edge loads are higher than those outboard. The slope
of the trailing-edge load versus CNa curves 1s not constant but tends
to increase at all stations at the higher values of CNg- At 0.87 Mach
number the outer two stations exhibit negative loads at most of the
normal-force coefficdients. The loading at all stations increases at
the highest normal-force c¢oefficients. The loading variations at
Mp= 0.90 are similar to those at M, = 0.87 excep} that the loads begin
to increase at lower values of Cy,. The loading over the root reaches
a value of 0.76q which is very high and considerably in excess of the
value of 0.40q recommended for design purposes in reference 2. At
Mp = 1.02 the trailing-edge loading is low at the lower values of CN&'
Only the inner two stations exhibit much increase in loading, such as
was shown at the lower speeds. One item of departure is the negative
loeding increase with Cyg for station 5. This behavior has been con-
firmed by a number of runs at these high Mach numbers.

The variation of aileron floating angle with CNg, ig of interest
both ag an indication of loads over the outer aft portion of the wingZ
and as to its effect on the load distribution of the wing as a whole.
Figure 17 shows the difference in the floating angle at various values
of CN, from that at Cy, = O (or the lower limit Cy, of the run)
plotted with the ABg. = O point coinciding with the nominal Mach number
of the run. Figure 1T indicates two different conditions in which
trailing-edge loads are significantly large. At higher subsonic speeds
at high 1ift coefficiente large uploads were encountered. At supersonic
speeds at the higher 1ift coefficlents large downloads were encountered.
Figure 16(d4) shows this download occurred in the region of station 5.

In the Mach number range from 0.75 to 0.92 little or no upfloating
occurred at the lower CNa'S up to a point where upfloating increased

rapidly with increasing CNa‘ Tuft photogrephs showed that the aileron

2Calibration of the lateral control system has shown that 1° of float
represents 5600 inch-pounds hinge moment.
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upfloat followed sepdration over the aileron.’ For further comparison,
the buffet boundary has been included. The buffet boundsry lies above
the normal-force coefficient-for. start of rapid upfloat. This comparison
is similar to that made in the discussion of figure f for section load-
ing, indlcating that noticeasble separation can’ exiat without buffeting’
being measured at the center of gravity.

The downfloat at supersonic speeds and af Mach’ numbers slightly -
below 1.0 occurs very abruptly. It is characferized by e slight upfloat
prior to downfloating and by a reduction in downfloating with increas-
ing Cpy, above the break. The cause of the rapld downfloat can again
be seen from tufts. Figure 18 shows tuft pictures just prior to and just
following the rapld downfloat. The tufts have turned from the stresm-
wise direction and point toward the tip. This is indicative of separa<
tion over the upper surface of the ailleron. The separatlon is not
characterized by a rapid oseill#ting motion of the tufts and buffeting .
is not experienced.

‘ CONCLUSIONS

Tests of a 35° swept-wing F-86A airplane .in flight at Mach numbers
up to 1l.11 have indicated the followlng coneclusions:

1. At subsonic speeds the spanwise digtribution of loading was
adequately predicted.by the Welssinger method up to the buffet boundary.
At supersonic speeds the center of loalling wag inboard from that pre-
dicted from either supersonic or subsonic tﬁeory Therefore, for -
structural design purposes, the uUse of the subsonic spanwise distribu-
tion of loading obtained by the Weissinger method would provide a con- -
gservative estimate of loads at supersonic speeds.’

2. For normal-force coefficients abave the buffet boundasry the
meagured losd distribution departed from the ﬁheoretical, the smount
depending upon the Mach number; however, the theoretical distribution
was still conservative for loads estimation. :

3. Separation gf the .flow at the outboard gltatlons occurred befone
buffeting was detected at the center of gravity of the airplane.

L. Significantly large uploads (ebout 0.8q at M = 0.90) and . __.
downloads (above M = 0.97) over the trailing -edge of the wing were
encountered, particularly when the flow was seéparated.

Ames Aeronautical.Laboratory

Netional Advisory Committee for Aeronautics )
Moffett—Field, Callf. L

/
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TABLE I.- PERTINENT AIRPLANE DIMENSIONS

Wing data

Span . « . . oL
Aspect ratio . .
Taper ratio . .
Dihedral angle .

Span (equivalent)
Fuselage data —~

Length ce e .

Alleron deflection .

Mean aerodynsmic chord .
Sweepback of the 25-percent elément
Incidence of the root chord
Incildence of the tip chord .

Width at wing Jjuncture .

Total wing éiégn(inéludééfflapﬁjuéiaﬁé:i
and 49.92 sq ft covered by

7

Aileron data (data for one aileron only)

Area (aft of hinge line including tab)
Balance area (including 5 percent of
fabric seal = 0.32 sq ft)

fuselagg)._. “ ..

287.90 sq £t
. 37.12 f%
o . k785

L. . 0.5131

. . 3°00'
.+ 97.03 in,
35913'31.4"
. . 190"
. . =100

18.60 sq ft

4.67 sq. ft
110.03 in.

"14° up, 14° down

. 60.0 in.

. L408.4 in,

NACE

£y
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TABILE IT.~ ORDINATES OF ROOT AND TTP AIRFOILS

Root 0012-64 mod Tip 0011-64 mod
X
percent chord Z A
percent chord percent chord
¢} 0 0
1.25 - 1.77 1.59
2.50 2.4%0 2.16
5.00 3.20 2.86
T-50 3.73 3.3%
10.00 .1k 3.70
15.00 b,7h k.32
20.00 5.15 k.60
30.00 5.65 5.02
40.00 5.78 5.09
50.00 5.54 4.83
60.00 k.96 4.23
70.00 h.ok 3.32
80.00 2.80 2.22
90.00 1.4 1.11
95.00 0.71 0.55
100.00: o} 0
L.E. radius,
percent chord 1.53 1.24
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Figure 2.— Side view of test airplans.
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02 o . GelSeNely NACA RM A52A31

Upper surface
————— Lower surface

(a) M, = 0.70; C, = 020; a,= 35°
a

Figure 6.— Wing pressure disfribution .
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Upper surface
—— —— Lower surface

(b) M, =0.70, O’Va = 04/; aq,= 64°

Figure 6.— Continued.
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Upper surface
— ——— Lower surface

NACA RM A52431

(c) M, =070, 6‘”0 =058, a,=96°

Figure 6.-Continued .
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Upper surface
- — — —— Lower surface

(@) M, = 070; G, = 0.90; a, = 19.4°

Figure 6.—Continuved.
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Upper surface
———— Lower surface

NACA RM A52A31

(6) My = 087; G, =0I7; a,=25°

Figure 6.-Continued.
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-Upper surface
—~ ——— [ower surface

(9) M, =087, ¢,
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a

Figure 6.-Continued.
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Figure 6.—Conltinued.
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Upper surface
———— Lower surfoce
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Figure 6.—Continued.
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NACA RM A52A31

Upper surface
— ——— Lower surface
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Figure 6.— Continued
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Upper surface
— ——— Lower surface

NACA RM A52A31
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Figure 6.— Continued.



NACA RM A52A31 GRPEDENRE 33

5T
i -Upper surface
~——— Lower surface
4
(1) M, =080; C, =08/; a,=217°
a
- : Figure 6.- Continued.
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Upper surface
————— Lower surface

e e
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(m) My =0.97; G, =017

Figure 6.— Continued.
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Upper surface
Lower surface
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(n) My =0.97; G, = 0.34

Figure 6.~ Continued.
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Upper surface
————— Lower surface

(0) My = 0.97; Cy =0.47

Figure 6.— Continued.
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Upper surface

— ——— Lower surface

37

(p) My=1.02; G, =010; a, = 3.8°

Figure 6.- Continued.
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Upper surface

——~— — Lower surface

NACA RM A52A31

(q) M, = 102; G, =0.30;a,= 66°

Figure 6.- Continued.
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Upper surface
—— —— Lower surface

(r) My =102; G, =0.50; q,=9.3°

Figure 6.- Continued.
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Upper surface
————— Lower surface

(s) My = 1il; Gy, = 0.20

Figure 6.-Concluded .
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(b) oy, = 0.27

Figure 8.— Photographs of tuft behavior showing stalling of outer panel.
M= 0.9.
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Figure 8.— Concluded.
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Figure 18,— Tuft and alleron behavior at M = 1.10.

Gk

NACA-~Langley - 4-14-52 - 375

3



SECURITY INFORMATION ) T il l!! t

CONFIDENHAL - 3117601434 8313




